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A Finite-Difference Method for Transonic Airfoil Design
JOSEPH L. STEGER* AND JOHN M. KLINEBERG*

NASA Ames Research Center, Moffett Field, Calif.

This paper describes an inverse method for designing transonic airfoil sections or for modifying existing profiles.
Mixed finite-difference procedures are applied to the equations of transonic small disturbance theory to determine
the airfoil shape corresponding to a given surface pressure distribution. The equations are solved for the velocity
components in the physical domain, and flows with embedded shock waves can be calculated. To facilitate airfoil
design, the method allows alternating between inverse and direct calculations to obtain a profile shape that satisfies
given geometric constraints. Examples are shown of the application of the technique to improve the performance of
several lifting airfoil sections. The extension of the method to three dimensions for designing supercritical wings is
also indicated.

I. Introduction

IN a series of papers beginning in 1964, Nieuwland and his
coworkers (e.g., Ref. 1) extended Lighthill's earlier application

of hodograph methods to calculate shock-free supercritical flow
about a family of quasi-elliptical airfoils. By systematically
varying seven independent parameters, almost symmetrical
profiles with nose camber were obtained. Several of these
airfoils were tested in the NLR transonic tunnel (e.g., Ref. 2) and
showed good agreement with the theory, although differences
over the aft portion of the airfoil (probably caused by boundary-
layer effects) resulted in a 20% decrease in lift at optimum
conditions. This loss in lift could be partially recovered by
introducing a small amount of rear camber, through the
deflection of a trailing-edge flap, without greatly modifying the
drag characteristics.

More recently, Garabedian and Korn3 have developed an
efficient hodograph technique that involves analytic continuation
of the partial differential equations into the complex plane. Their
method also requires specifying seven parameters, but it is more
general than Nieuwland's approach and has been used to design
useful, highly cambered, shock-free supercritical airfoils. Experi-
ments conducted in the NRC high Reynolds-number facility by
Kacprzynski et al.4 again showed good agreement with the
theory, provided small corrections for Mach number and angle
of attack were made.

Hodograph techniques have therefore proved to be practical
methods for supercritical airfoil design, although they contain
several inherent disadvantages. One of the difficulties is that the
methods require complicated input or initial conditions, such as
the Mach number and flow angle at the profile trailing edge for
Nieuwland's theory, or a set of logarithmic terms giving
singularities inside the airfoil for Korn's approach. This is a
particular disadvantage when profile modification is attempted.
A second limitation of the hodograph methods is that they are
restricted to shock-free solutions, and for certain applications, at
least, the optimum airfoil will not be shockless. This is because
weak shock waves do not generate appreciable wave drag and
do not cause separation of a fully developed turbulent boundary
layer. At the same time, a transonic airfoil with a weak re-
compression shock could have considerably more lift than one
that is shock free, could be designed for a higher freestream
Mach number, and could have less variation in pitching moment
at off-design conditions. Perhaps the most severe limitation of
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the hodograph methods is that they cannot be readily extended
to the design of three-dimensional wings where favorable two-
dimensional characteristics are often degraded by the effects of
wing sweepback and taper.

The disadvantages of the hodograph technique can be over-
come by developing an airfoil design method to determine the
flowfield and profile shape corresponding to a specified surface
pressure distribution in the physical plane. Both relaxation and
time-dependent finite-difference schemes would be appropriate
for this type of calculation, although relaxation methods are
preferable because of their increased speed.

This paper describes the application of generalized relaxation
procedures to develop a method for designing efficient transonic
airfoils and for modifying existing profiles. The inverse method is
described in Sec. II, and the choice of an appropriate differencing
scheme for the boundary conditions is discussed in Sec. III.
Illustration of the design procedure is given in Sec. IV, and
results of computations for several airfoil sections and for a
simple three-dimensional wing are presented.

II. Formulation of the Design Procedure
Because one of the goals of the present investigation is to

develop a method for designing airfoils containing weak shock
waves, the flow can be assumed to be everywhere irrotational.
With this approximation, the governing differential equations
can be written in conservative form as

dF/dx + dG/dy = continuity (1)
du/dy — dv/dx = 0 vorticity (2)

If the transonic small-disturbance approximation is made

F = \(l- G = v (3)

where u and v are x,y velocity components. If the complete
compressible irrotational equations are used

F = PU/PQ = G = pv/p0

where p is the fluid density and a0 is the speed of sound at
stagnation. The details of the appropriate relaxation schemes for
these systems of equations are described in the Appendix.
Inverse calculations for flows with embedded shock waves are
facilitated by solving the two coupled, first-order differential
equations for the velocity components because of the ease in
maintaining numerical consistency between direct and inverse
problems (see Sec. III).

In the present, essentially preliminary study, the small-
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Fig. 1 Sketch of field subdivision.

disturbance approximation Eq. (3) and thin-airfoil boundary
conditions are assumed. The use of Eq. (4) is preferable, but one
of the difficulties associated with the full equations is that
boundary conditions are usually applied on the airfoil surface,
which itself is determined as part of the solution. Thin-airfoil
theory, on the other hand, introduces a singularity at the profile
leading edge that is difficult to resolve with the u, v relaxation
procedure. The singularity can be effectively ignored in the
numerical scheme for the velocity potential equation, however,
as shown by Murman and Cole.5 For this reason, a potential
function is defined for the region between the upstream boundary
and a line of mesh points just downstream of the leading edge.
The velocity-component formulation is used in the remainder of
the flowfield (Fig. 1). The first several points on the airfoil
surface are therefore specified as a direct problem, and the
design method is restricted to modifying the profile shape for a
given nose geometry. One of the advantages of this procedure
is that the large flow gradients in the vicinity of the leading edge
are determined by the direct solution and need not be specified.
Also, the subsequent integration of the streamline slopes to
determine the airfoil coordinates can be initiated at a well-defined
value and is therefore more accurate.

The design procedure formulated in this investigation is best
suited to the modification of existing airfoil sections, although
it is not limited to this application. Starting with a given
profile—preferably one that can be closely approximated by
thin-airfoil boundary conditions—a direct calculation is per-
formed at either design or off-design Mach number and angle
of attack. The airfoil coordinates in the vicinity of the leading
edge are fixed, although the pressure is allowed to vary, with
the physical extent depending on the grid spacing used (Fig. 1).
A new pressure distribution that may contain weaker shock
waves and improved lift and moment characteristics is sub-
sequently specified over the remaining portion of the profile. Of
course, not very specified pressure distribution results in a
practical design, and usually an airfoil with either a blunt base
or a nonphysical crossed trailing edge (negative thickness) is
generated. As a result, an effective iteration procedure must be
employed. The one used in the present method is to alternate
between specifying the pressure distribution and the airfoil
coordinates to obtain the desired profile shape. Several examples
of this approach using a sequence of inverse and direct
calculations are presented in Sec. IV.

III. Numerical Treatment of Boundary Conditions
An important requirement for any finite-difference design

method, especially one that allows alternating between inverse
and direct computations, is for the two procedures to be entirely
consistent; e.g., if a pressure distribution containing a shock jump
is computed for a given smooth airfoil section, the identical
smooth airfoil section should be recovered when that dis-

continuous pressure distribution is specified and the airfoil shape
recomputed. Since the same finite-difference approximations are
used for all the field points in both the direct and inverse
methods, only the differencing at the boundaries need be given
critical examination. Selection of proper differencing schemes for
the boundary conditions is described in this section.

Consider first a finite-difference method for the boundary in
a direct calculation. Along the body, v is specified and values of
u are unknown. However, for the method used to difference the
interior points, u must be given at the boundary. This is
accomplished by satisfying the vorticity equation along the body,
combining an extrapolation scheme for the derivative du/dy
with the given value of dv/dx ; e.g., along the upper surface, the
following differencing is used :

= (dv/dx)jjk = (d2/dx2)(YB(x)) (5a)
where YB(x) is the function that describes the body. Values of
ujk along the chord are then relaxed using the point Jacobi
technique, which results in

UM = K*+i-K* + 2- [(2Ay/3)] [d2YB(x)/dx2-] (5b)
In the inverse problem, values of v along the surface must

be determined from the specified u distribution. This can be
accomplished by again satisfying the vorticity relation, Eq. (5a),
in which ujk is specified and improved estimates for ujtk+1 and
ujik+2 are obtained as the field converges. The values of v can
be found using either quadrature or differencing formulas. For
either case, in the present method, the values of vjk are calculated
by performing the integration after each complete relaxation
sweep of all interior field points.

The following differencing scheme is particularly efficient for
subsonic flows. The value of dv/dx in Eq. (5a) is approximated
using third-order accurate difference formulas

dv/dx\jik = (l/6&x)(-2vj-ltk-3vjtk + 6vj+ltk-vj+2tk) (6a)
for j = 2, 4, 6, . . . , and

dv/dx\jtk = (l/6&x)(Vj-2tk-6vj-.ltk + 3vjtk + 2vj+ltk) (6b)
for j = 3, 5.7 . . . . The initial values of Vj-ltk and Vj-2fk are
obtained from the specified profile shape near the leading edge.
The relaxation scheme

vf+'i',k = vfjt — &>( — du/dy + dv/dx) \jtk

for k = 2,4,6... is then used to converge the body points. This
differencing scheme proved accurate and efficient for subsonic
flows but, unfortunately, is occasionally unstable for mixed,
transonic flowfields. As a result, the quadrature formula described
below was used for the inverse calculations presented in this
paper.

In the quadrature approximation the simple trapezoidal rule
is used, giving the relation

»M = vj- i * + ( A x /2)[ (du/dy) j . 1 j + du/dy\Jtk] (1)

where du/dy is approximated by the same scheme used in
Eq. (5). Because the distribution of v and dv/dx is continuous
and gradual, except possibly in the immediate vicinity of the nose
of the airfoil (where they are given), Eq. (7) has proved sufficiently
accurate for the present applications.

To verify the accuracy of the inverse method, the computations
were performed on a variably spaced mesh of moderate size,
62 x 62, with the airfoil approximately at the center. (Typical
results of a direct calculation for this grid are shown and
compared to experiment in Fig. 2.) The surface pressure distri-
bution obtained from a direct solution was used as a boundary
condition for an inverse computation. The remaining flowfield
was strongly perturbed from that given by the converged direct
solution and used as the initial condition. The inverse solution
was then relaxed to convergence and the values of v along the
body were recovered to within ±0.0005 of the originally
specified body slope, with the exception of the last two mesh
points upstream of the trailing-edge singularity. A comparison
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Fig. 2 Hybrid <p-uv solution for biconvex airfoil compared to
experimental data.

between the specified and recomputed normal velocities is shown
in Fig. 3 for the upper surface of a profile with an embedded
shock wave. Similar results were obtained throughout the
flowfield.

Using the vorticity equation for the boundary conditions of
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Fig. 4 Base airfoil.

both the direct and inverse equations leads to an accurate
reversible procedure. The values of v along the body could also
be obtained by differencing the continuity equation, i.e.,

Fig. 3 Example of inverse verification calculation.

where vjk is determined during the relaxation process. In
practice, however, this scheme was found to accumulate
numerical error, probably because differencing across the shock
wave is required. The discrepancy is evident as a slight
discontinuity in v near the shock, and for a sequence of direct
and inverse calculations, the error could become appreciable.

IV. Results and Discussion
The results of a series of calculations are presented to illustrate

the use of the finite-difference design method and to indicate
possible extensions of the procedure. No particular attempt has
been made to develop practical airfoil sections satisfying specific
criteria.

A. Supercritical Airfoil Design
The following example was selected to illustrate the com-

bination of inverse and direct procedures to extensively redesign
an airfoil section. The calculations were performed dynamically,
with all pressure and profile modifications input directly to the
computer through an interactive graphics system.

The design sequence started with a direct calculation for an
algebraically defined profile (Fig. 4). The airfoil has a sharp,
cambered leading edge and is 6% thick, with maximum thickness
located at the 40% chord The nominal flow conditions for the
airfoil were selected as 1° angle of attack at a relatively high
freestream Mach number, M^= 0.875. A moderate grid spacing
was used, and the first 8% of the profile was in the region
described by the velocity-potential equation and was not
modified.

For the first design change (Fig. 5), the shock wave was
reduced in strength and moved aft along the airfoil from 45 to
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Fig. 5 Modification to weaken shock. Fig. 6 Addition of sonic plateau.

52% chord to retain lift. The weakening of the shock strength
decreased the curvature of the upper surface and resulted in a
blunt-based airfoil. Most of the thickening was confined to the
upper surface, although the curvature of the rear portion of the
lower surface was also modified.

As the next step in the design process, a direct calculation
was made for which a portion of the profile was removed from
both the upper and lower surfaces near the trailing edge. The
direct computation was not converged, but was run long enough
to indicate the effect of this modification. A new pressure
distribution, incorporating some of the properties of the direct
solution was then specified. This distribution (Fig. 6) included a
pressure plateau downstream of the shock wave to improve lift
and to prevent the shock from growing in strength at off-design
conditions. The resulting airfoil is also shown in Fig. 6. The rear
portion of the profile is not as thick as that of the previous one,
and the airfoil has acquired a slight reflexed camber on the
lower surface.

With the upper surface tentatively designed, the lower surface
was then modified to ensure airfoil closure, and a direct
calculation was performed. During this phase of the iteration
sequence, modifications to the lower surface altered the upper-
surface pressure distribution. The changes were not large, and
although it would have been possible to start again from a
previous solution this option was not taken. The direct calcu-
lations also produced undesirable flow expansions near the
trailing edge than were subsequently eliminated by respecifying
the pressure. The new pressure distribution and the associated
airfoil shape are shown in Fig. 7.

The profile design was terminated with a series of inverse
calculations that resulted in the airfoil section and pressure
distribution shown in Fig. 8. The supersonic velocities on the
lower surface were eliminated, while all other changes were made
to reduce the trailing-edge thickness. The final airfoil has less
wave drag than the original profile and twice the lift coefficient.
This is proabably not a practical design, however, because of
the steep pressure gradients and high loading that exist at the
rear of the airfoil.

B. Minor Airfoil Modification
The preceding example was provided to illustrate an inter-

active calculation resulting in an essentially new profile. A more

straightforward application of the present method is to make
minor refinements to an existing airfoil section that already
satisfies certain design criteria. A simple example of the use of
the inverse procedure for this purpose is shown in Fig. 9. For
this calculation, the pressure plateau downstream of the shock
on the upper surface was raised to the sonic value. The lift of
the airfoil was increased by 10% with only a very slight
modification of the profile shape.

C. Blunt-Nosed Airfoil Design
As previously discussed, the present method is based on the

approximations of thin airfoil theory and is primarily applicable

Fig. 7 Lower surface modification for closure.
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Fig. 8 Final design.

to thin, sharp-nosed profiles. With sufficient mesh refinement,
however, it is possible to model blunt-nosed airfoils in the
manner described by Murman and Krupp.6'7 Even with a coarse
mesh, the existing computer program can be used to suggest
design modifications under the assumption that relative changes
are accurately predicted. As an example of this application, an
NAGA 0010 profile at M^ ' = 0.65 and a = 2° was redesigned to
increase lift. The lower-surface pressures of the original airfoil
were accurately predicted, although the peak pressure coefficients
on the upper surface were underestimated by as much as 20%
at x/c = 0.05. This pressure distribution is compared to the

solution for the modified airfoil in Fig. 10. Experience with this
design and with other blunt-nosed airfoils indicates that these
profiles are considerably easier to modify and properly close
than airfoils with sharp leading edges.

D. Shock-Free Designs
In addition to reducing shock strength to decrease wave drag,

a shock-free surface pressure distribution can be specified. Unlike
hodograph methods, however, there is no guarantee that
imposing an arbitrary isentropic recompression at the airfoil
surface will prevent a shock wave from forming in the field.
This situation is illustrated in Fig. 11. Figure lla shows the
smooth, supercritical pressure distribution that was specified for
both the upper and lower surfaces of an airfoil section. The
profile shape and the sonic boundaries are shown in Fig. lib.
Flowfield pressure distributions showed that a shock wave
formed above the upper surface at a height of approximately
one body thickness, whereas the lower flowfield remained shock
free. Both surfaces contain small supersonic compression ramps
blended into the body to accommodate the specified smooth
recompression. The reduction in curvature of the upper surface,
however, was not sufficient to eliminate the shock formed by the
reflections of leading-edge expansion waves from the sonic line.

E. Three-Dimensional Calculations
The extension of the present method to three dimensions is

straightforward, although computation times increase with the
number of mesh points. As demonstrated in Ref. 8 for direct
calculations, values of u and w (here the normal z component)
are supplied along the wing boundary by differencing two of the
vorticity equations

dv/dz-d\v/dy =

MODIFIED PROFILE

.8 1.0

Fig. 9 Example of improving lift. Fig. 10 Modification of 4-digit airfoil.
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Fig. lla Specified shock-free surface pressures.

For the inverse calculation, u is specified at the body and
values of w are computed by exactly the same procedure used
for the two-dimensional solution (see Sec. III).

Although no final three-dimensional wing designs have yet
been completed, calculations to verify the stability of the
inverse method have been performed on a coarse mesh. An
example of this application is shown in Fig. 12 for a nonlifting,
biconvex wing. For this calculation, the velocity-component
formulation was used throughout the flowfield with a modified
pressure distribution specified over the inboard section of the
wing. As a first step in a possible iteration sequence, the
strength of the shock wave was decreased, resulting in a typical
reduction in curvature and the formation of a blunt trailing
edge.

V. Conclusions
The present paper has described a preliminary method for

designing transonic airfoil sections and for modifying existing
profiles. Several examples of inverse calculations have been

TIP SECTION

A STATION AT JUNCTURE
BETWEEN INVERSE
AND DIRECT

CD .0

ROOT SECTION

Fig. lla Modified pressure compared to pressures of 6% thick
biconvex wing.

presented to illustrate various applications and limitations of the
procedure. The most important disadvantage of the present
method is that the use of the small-disturbance approximation
with thin-airfoil boundary conditions makes it difficult to obtain
accurate solutions for the practical case of blurit-nosed lifting
airfoils. Modification of the design procedure developed in this
investigation to solve the full equations for more complicated
geometries is straightforward, however. Because the present
method incorporates alternate inverse and direct computations,
it would be necessary to adjust the body coordinate system
during the direct portions of the calculation only. As the final
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Fig. lib Profile computed from specified shock-free surface pressures. Fig. 12b Sketch of modified wing showing inverse region.
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design evolved, changes in the profile shape would become
minor and the boundary conditions would automatically be
specified along the airfoil surface.

Appendix
The relaxation scheme developed for the primitive variables

has been described in Refs. 8 and 9. Several extensions to the
method have recently been completed and are outlined in this
Appendix.

A. Finite-Difference Operators
Although a variable mesh was used for the results presented

in the text for simplicity, the difference formulas are written here
for a uniform mesh. Representing F or — v by/, and G or u by g,
the y derivatives of both Eqs. (1) and (2) are approximated by
the difference operators

}> /c = 2,4,6,...,KM-2 (Ala)
and
dg/dy\JJf = (l/2&y}(3gM-4gj>k_i+gj>k_2) +

0{[(Ay)2/3K'k}, /c = 3,5,7,...,KM-l (Alb)
where 1 and KM are end points and for convenience KM is
usually an even index. In regions of subsonic flow, the x
derivatives are approximated by central differencing

5//ex|M = (l/2Ax)C/J.+ 1,,-/j-1>t)-0{[(Ax)2/6]^} (A2)
and for supersonic flow,
Sf/dx\j<k = (l/4Ax)(3/M-4/J._2>t+/J._4,fc) +

0[|(Ay)2^] (A3)
Here the usual three-point backward differencing has been
written for a spacing of 2(Ax) because the conventional single
spacing leads to an unstable iteration scheme. Note that the
equations are differenced in conservative form and are second-
order accurate. In practice, a linear combination of the x
difference analogs is used over an interval defined by 0.98 p* ^
p ^ p* to avoid a sudden change of data utilization during the
iteration process.

Because the x derivatives employ a weighting of every other
point, it is possible for the variables at, e.g., odd indexed
j-points to become uncoupled from the variables at even
indexed j-points. In the vicinity of the shock or near dis-
continuous boundaries, the iteration scheme for the nonlinear
equations can become unstable. For this reason coupling terms
are added to the difference equations. The quantity

5jtk = e(gJ+ltk-2gjtk + gj_ltk)
is added in subsonic regions, and

is included for supersonic regions. The term e is less than 1 and
is small compared to l/2Ax. The djtk are not needed as
dissipation terms and in subsonic flow, for points away from
discontinuities, they may be discarded if Eq. (A2) is replaced by
a properly coupled operator such as

} (A4)
This equation is fourth-order accurate. If consistent accuracy is
desired for the y differencing, Eq. (Al) could be replaced by
Eq. (6).

B. Interchange Relaxation Algorithm
Define

(A5)
where A//Ax and A0/Ay represent the previously described
difference analogs to the partial derivatives, Eqs. (A 1-4). The
iteration process for the difference equations is defined by

1)) (A6a)

n(n+\) __ n(ri) ,,/-/(/!,«+1) £ (« ,n+ l ) \ (\£&\\
9j,k+ 1 — 9j,k+ 1 ~ °^\9j,k ~ dj,k+ 1 ) (ADD)

where k = 2,4,6, . . . ,KM — 2. This algorithm describes a suc-
cessive point scheme for Eqs. (1) and (2) which has convergence
rates equivalent to successive overrelaxation schemes developed
for the potential equation when Ax = Ay. Note that the djtk
coupling term corresponds to an adjacent point in the y direction
and is alternately added and subtracted in the difference
equation.

More rapid convergence can be obtained with line relaxation,
and the interchange algorithm is readily adapted to this mode
of iteration. Along a row of vertical points the y difference
operator defined by Eqs. (Al) generates the system of equations

- 3 4 - 1 0
- 4 3 0 0
0 0 - 3 4
0 1 - 4 3

Ag/Ay M+2 9j,k+2

dj,k+3

Applying the interchange algorithm, this same block of difference
equations assumes a tridiagonal, diagonally dominant form

Jtk+2

2Ay

- 4 3 0 0
3 - 4 1 0
0 1 - 4 3
0 0 3 - 4

j,k+2

These tridiagonal blocks are readily inverted and can be included
in the line relaxation scheme in the usual fashion. For this
scheme, a typical relaxation factor, co, has a value of 0.4 when
Ax = Ay and is directly proportional to the ratio of step sizes,
Ax/Ay. The efficiency of the method is therefore poor if
Ax <^ Ay, and such grids must be avoided. In contrast to
schemes that have been developed for the potential equation,
convergence is not degraded if the grid is swept from down-
stream to upstream during the relaxation, and the direction of
the sweep can alternate with each iteration.

C. Complete Irrotational, Compressible Equations
The results shown in this paper used the transonic small-

perturbation equations, but the identical procedure applies to
Eqs. (4). Values of G and u are obtained directly from the
interchange scheme for these complete equations. Updated
estimates for (p/p0)("+1) are found from the energy equation,
which, for purposes of computer efficiency, is approximated by
a truncated binomial series. The full equations require only
slightly more algebra than the transonic small-perturbation
equations. The number of difference operators is the same and
the same tridiagonal inversion routine is used.
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Experimental Determination of the Aeroacoustic
Environment about a Slender Cone
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Acoustic pressure fluctuation and heat-transfer data have been obtained on a 7.2° half-angle cone. Measurements
were obtained at Mach 4, 8, and 10 for several values of the freestream Reynolds number and cone angle of attack,
and three bluntness ratios. Natural transition was achieved in all cases. Methods of data acquisition and analysis
are discussed. Selected boundary-layer root-mean-square (rms) pressure fluctuation data and transition front shape,
deduced from the heat-transfer data, are presented. Heat transfer, rms pressure, and turbulent velocity profile
exponent data are all shown to peak near the end of transition.

Nomenclature
Cf = skin-friction coefficient
db = decibel (reference pressure 0.0002 //bars)
£ =~end of transition (peak q)
H0,hw = stagnation and wall enthalpy, respectively
L = model length
M = Mach number
n — velocity profile exponent
0 = onset of transition (minimum q)
P = rms fluctuating pressure
q = dynamic pressure
q = heat-transfer rate
K = radius
Re/ft = unit Reynolds number per foot
Res = local wetted length Reynolds number
S = wetted length along cone
ST = Stanton number
T =? temperature
u = axial velocity
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x = axial coordinate
y = coordinate normal to surface
a = angle of attack
6 = boundary-layer thickness
y = ratio of specific heats
9C = cone half angle
fj. = molecular viscosity
p = density

Subscripts
aw = adiabatic wall
B = model base
e = edge of boundary layer
L = edge of laminar sublayer
N = nose
T = transition onset
w = conditions at wall
oo = freestream conditions

L Introduction

DURING re-entry into the Earth's atmosphere, vehicles are
subjected to intense fluctuating aerodynamic pressures. As

a result, significant vibration response can occur affecting the
performance of components within the vehicle. In order to
accurately assess this problem, it is necessary to define the nature
of the acoustic environment associated with turbulent flow over
the re-entry vehicle. This has become more important as mission
requirements have resulted in higher velocities at relatively lower
altitudes. Predictions based on available low Mach number data
indicate that sound pressure levels on the order of 190 db may be
encountered.

The purpose of the program undertaken in the present study
was to measure the aeroacoustic environment on the surface


